TECH LIBRARY KAFB, NM 



□15DBD1 


NASA Technical Memorandum 84513 


Supetctitical Maneuvering 
Fighter Configuration 

Wind-Tunnel Investigation at 
Mach Numbers of 0.60 to 0.95 


MichaelJ. Mann, Chades E. Mercer, 
and Richard L. Campbell 
Langley Research Center 
Hampton, Virginia 


rvi/\s/\ 

National Aeronautics 
and Space Adnninlstration 

Scientific and Technicai 
Information Branch 


1982 




SUMMARY 

A wind-tunnel investigation has been conducted to study the application of 
supercritical technology to highly maneuverable combat aircraft* Tlie configuration 
studied has a leading-edge sweep of 45® and an aspect ratio of 3.28. Two 
supercritical-wing shapes were tested at Mach ntambers from 0.60 to 0.95 with angles 
of attack from -2® to 17®. One supercritical wing was designed to achieve a high 
level of transonic maneuver performance at a Mach number of 0.90; however, excessive 
flow separation developed on this wing at a Mach number of 0.85. A second supercrit- 
ical wing was tested which had significantly reduced flow separation and improved 
drag characteristics at a Mach number of 0.85 and maintained the performance of the 
original wing at the higher Mach numbers. Leading-edge vortex generators did not 
improve the performance of the second wing; however, a sharp leading-edge flap pro- 
duced sizable drag reductions at Mach numbers from 0.60 to 0.90. 


INTRODUCTION 

Extensive research is currently underway at the NASA Langley Research Center to 
improve the maneuver capability of fighter aircraft. Two general types of wings are 
included in this research. One type includes the slender wings which provide high 
levels of supersonic performance and which utilize the high levels of vortex lift 
available to provide subsonic and transonic maneuver capability. Research on the 
maneuver performance of slender- wing aircraft includes the development of design con- 
cepts for reducing drag by the effective recovery of the leading- edge thrust 
(ref. 1). The other general type of wing under study is the higher- aspect- ratio, 
moderately swept wing based on a compromise between optimum subsonic and supersonic 
performance. These wings require the development of large areas of supercritical 
flow with minimum shock- induced separation effects in order to achieve good transonic 
maneuver performance. 

The purpose of this paper is to investigate the level of performance that might 
be achieved for the second type of wing by utilizing the design procedures of refer- 
ence 2. Supercritical technology has been applied in an effort to reduce the shock- 
induced flow separation at transonic maneuver conditions. Recognizing that signifi- 
cant flow separation eventually will develop at the higher lift coefficients, the 
attached-flow design has been supplemented with leading-edge devices. The devices 
studied were an underwing or pylon-type vortex generator (VG) and a sharp leading- 
edge flap ( SLEF) . 

The current study has focused solely on the warped wing geometry required at 
maneuver conditions. It is recognized, of course, that some form of variable geom- 
etry would be required to provide the desired maneuver and the cruise wing shapes. 
This type of variable geometry has not been addressed in this study. 

This report presents experimental results on a supercritical maneuvering fighter 
which has been tested with two super critical- wing configurations and leadings edge 
devices. The tests were conducted in the Langley 16- Foot Transonic Tunnel at Mach 
numbers of 0.60 to 0.95 and for lift coefficients up to about one. Additional 


information relative to these tests is presented in a "Supplement to NASA Technical 
Memorandum 84513,” which is available upon request.^ 


SYMBOLS AND ABBREVIATIONS 


All forces and moments are referred to the wind-axis system. The moments are 
presented with respect to a center-of-gravity location at 50.34 percent of the mean 
aerodynamic chord. (See fig. 1.) Force and moment coefficients are based on the 
geometry of the basic trapezoidal wing extended to the model centerline. (See 
table I.) Dimensions are given in the International System of Units (SI) with the 
U.S. Customary Units in parentheses. The measurements and calculations were made in 
U.S. Customary Units. Symbols in parentheses are computer symbols. 

b wing span, cm (in. ) 


C 


D 





c (C) 

c 


drag coefficient. 


Drag 

qS 


lift coefficient. 


Lift 

qS 


_ , . ^ ^ Pitching moment 

pxtching-moment coefficxent, ^ 

qSc 


pressure coefficient , 


pji - p 


local wing chord, cm (in.) 
mean aerodynamic chord, cm (in.) 


L/D 

M 

P 

q 

s 

SLEF 

VG 


(FS) fuselage station of local wing leading edge, measured from 

model nose, cm (in. ) 

lift-drag ratio 

free- stream Mach number 

free-stream static pressure. Pa (Ibf/ft^) 
local static pressure. Pa (Ibf/ft^) 
free-stream dynamic pressure. Pa (Ibf/ft ) 

p p 

wing reference area, m'^ (ft ) 
sharp leading- edge flap 
vortex generator 


^Available from the NASA Scientific and Technical Information Facility, 
Baltimore/Washington International Airport, Maryland 21240. 
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X 


(X) 


y 


local distance from wing leading edge, parallel to model center- 
line and horizontal reference line in figure cm (in.) 

spanwise distance from plane of symmetry, cm (in.) 


(Z) 


a 


J) (ETA) 

Subscript : 
i 


perpendicular distance from horizontal reference line in fig- 
ure 1, measured parallel to plane of symmetry, cm (in.) 

angle of attack, referenced to horizontal reference line in 
figure 1 , deg 

semi span location, y/(b/2) 


internal (flow-through nacelle) 


APPARATUS AND TEST 
Model Description 

Drawings of the wind-tunnel model are shown in figures 1 to 5. Several photo- 
graphs are shown in figure 6 and the general geometric characteristics are given in 
table I. The configuration represents a high-performance combat aircraft with a wing 
leading-edge sweep of 45® and an aspect ratio of 3.28. The model is a midwing con- 
figuration with the upper surface of the wing blended into the fuselage (fig. 2). 

The wing root incidence is approximately 1® and there is approximately 10® of twist 
(washout) between the root and tip. 

Two supercritical-wing configurations have been tested. The SMF-2 (supercrit- 
ical maneuvering fighter) wing developed in reference 2 provides the basis for the 
conf iguration- 1 wing of the current study. Configuration 1 has been designed to 
reduce the shock-induced flow separation at a Mach number of 0.90 for lift coeffi- 
cients up to 0.86. In order to accomplish this, a target pressure distribution was 
selected which involves a large region of supercritical flow and a moderate shock 
strength. The flow ej^ands to low pressures at the leading edge and isentropically 
compresses as it proceeds toward the trailing edge. The isentropic compression 
reduces the Mach niamber ahead of the shock and, therefore, reduces the shock 
strength. 

The wing geometry of reference 2 was designed by the use of the FLO- 22 transonic 
isolated-wing computer code (ref. 3) and, therefore, does not include the effects of 
the fuselage on the transonic flow. Configuration 1 of the current study includes a 
correction to the SMF-2 geometry of reference 2 which accounts for the fuselage 
effects. This correction has been made hy use of the FLO- 27 code which computes the 
transonic flow over a wing in the presence of a cylindrical fuselage (ref. 4). 

The second supercritical-wing configuration of the current study was developed 
from configuration 1. The objectives for configuration 2 were to reduce the shock- 
induced flow separation and the attendant maneuver drag penalties which occurred for 
configuration 1, at a Mach number of 0.85 and to still maintain the performance of 
configuration 1 at the higher Mach numbers examined in this study. Because the wind- 
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tunnel model for the configuration- 2 wing was to be obtained by the addition of a 
filler material to the upper surface of the configuration- 1 wing, a restriction in 
the design of configuration 2 was that the new upper-surface contour lie entirely 
outside the old contour. Tiie FLO-27 code and the design procedure of reference 2 
were utilized to develop the configuration- 2 wing geometry. 

The airfoil sections for the two wing configurations are compared in figure 5. 
The modifications to the wind-tunnel model to obtain configuration 2 resulted in 
a wing with increased thickness. The maximum thickness ratio for configuration 1 
varied from 8.2 percent at t)=0.2 to 5. 4 percent at ri = 0.9. The maximum thick- 
ness ratio for configuration 2 varied from 8.4 percent at ri = 0.2 to 7. 1 percent 
at Ti = 0.9, with most of the increase occurring in the outboard sections. 

The geometric details and wing locations of the vortex generators (VG) are shown 
in figure 3. The design of the vortex generators is based on the work reported in 
references 5 and 6. 

The sharp leading-edge flap (SLEF) is an adaptation of the vortex-flap concept 
of Rao (ref. 7). However, the intended purpose of the SLEF was to influence the flow 
over the entire chord length, in contrast to the purpose of reference 7 which was to 
increase the leading-edge thrust by means of a vortex situated on the flap itself. 

The SLEF is shown in figure 4. 


Test and Corrections 


The investigation was conducted in the Langley 16- Foot Transonic Tunnel. This 
is a continuous-flow, single-return atmospheric tunnel with a slotted, octagonal test 
section. A description of the tunnel is given in reference 8. 


The tests were run at Mach numbers from 0.60 to 0.95 with angles of attack from 
-2® to 17°. The Reynolds number, based on the wing mean aerodynamic chord, varied 
from 2.55 x 10® at M = 0.60 to 3.09 x 10® at M = 0.95. 


Boundary- layer transition strips 0.32 cm (1/8 in.) wide were applied to the 
model. No. 120 carborundum grains were applied 1 cm (0.4 in.) streamwise behind the 
leading edges of the wings and the vertical tail. No. 100 grains were applied 
2.8 cm (1.1 in.) behind the nose and 1 cm (0.4 in.) behind the inlet of the nacelle 
(outside only). 

Aerodynamic forces and moments were measured by an internal, six-component 
strain- gage balance. Model angle of attack was obtained by correcting the angle of 
the model support system for deflections of the sting and balance lander aerodynamic 
load and for tunnel flow angularity. The force data have been corrected to a condi- 
tion of free-stream static pressure over the fuselage base. The internal drag of the 
flow-through nacelle was measured and subtracted from the total measured drag. The 
values of internal drag are given in table II. 

The wing was instrumented with flush-surface static presssure orifices. The 
orifices were distributed in streamwise rows over the upper-right and lower-left 
wing panels. The orifices were located at semispan stations of 0.30, 0.45, 0.80, 
and 0.90. All surface pressures were recorded by the use of differential-pressure- 
scanning valves mounted in the nose section of the model. 
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PRESENTATION OF RESULTS 


The results of this study are presented in the following figures: 


Figure 


Effect of wing contouring on longitudinal aerodynamic characteristics •••••••• 7 

Effect of vortex generators on longitudinal aerodynamic characteristics •••••. 8 

Effect of sharp leading-edge flaps on longitudinal aerodynamic 

characteristics 9 

Effect of wing contouring on wing upper- and lower- surface pressure 

coefficients 10 

Effect of sharp leading-edge flaps on wing upper- and lower-surface 

pressure coefficients 11 


DISCUSSION OF RESULTS 

The purpose of this study has been the application of supercritical technology 
to combat aircraft in order to improve the transonic maneuver performance and to 
either maintain or improve the subsonic maneuver performance* The longitudinal aero- 
dynamic characteristics of the supercritical configurations 1 and 2 (shown in fig. 5) 
are compared in figure 7. Figure 10 is a comparison of selected chordwise pressure 
distributions at lift coefficients ranging from 0.78 to 0*97. These pressure distri- 
butions will be discussed first because they illustrate the application of the design 
method of reference 2 and because they help to explain the differences in drag char- 
acteristics at high lift between configurations 1 and 2. 

The pressure distributions on configuration 1 at a Mach number of 0.90 
(figs. 10(e) and 10(f)) generally exhibit a chordwise isentropic compression as 
intended. Some wing-tip separation at 14® angle of attack is indicated by the 
flattened pressure distribution and the loss of flow compression near the wing 
trailing edge. Aside from this tip separation, the flow separation appears to be 
primarily confined to the trailing-edge region. 

PiS the Mach number is reduced below the design value of 0.90, however, the 
situation is markedly different. At a Mach number of 0.85 (see figs. 10(c) and 
10(d)), configuration 1 is developing a strong shock wave which is producing 
extensive shock-induced flow separation. As the angle of attack is increased from 
13® to 15®, the flow at the semispan locations of 0.45 and 0.90 becomes almost 
completely separated. 

Since high levels of maneuver drag are associated with extensive regions of 
separated flow, configuration 2 was designed in an effort to reduce the flow separa- 
tion at a Mach nxamber of 0.85 and still maintain the lift and drag characteristics 
of configuration 1 at the higher Mach numbers. At a Mach number of 0.85 and a lift 
coefficient of 0.92 (fig. 10(c)), configuration 2 seems to have a reduced shock 
strength at the outboard span stations. As the lift coefficient is increased to 0.97 
(fig. 10(d)), the flow separation on configuration 2 has been significantly reduced 
relative to the separation which occurred on configuration 1. At a Mach number of 
0.90 (figs. 10(e) and 10(f)), the pressure distributions on configuration 2 do not 
seem to indicate very great differences from configuration 1. At a lift coefficient 
of 0.96, configuration 2 has less separation at the tip. 



The reduced flow separation on configuration 2 at a Mach number of 0.85 has 
resulted in a significant improvement in the lift and drag characteristics as illus- 
trated in figure 7. In fact, the drag at high lift for configuration 2 has been 
reduced well below the drag levels for configuration 1 at Mach numbers of 0.60 and 
0.85. The reduced wing^tip separation on configuration 2 at a Mach number of 0.90 
and a lift coefficient of 0.96 (fig- 10(f)) correlates with a drag improvement at 
these conditions. Configuration 2 has higher drag at the low lift coefficients. It 
is assumed, however, that variable geometry in the form of conventional leading- and 
trailing^edge flaps would iirprove the low lift characteristics. Figure 7(c) shows 
that the improvements of configuration 2 at Mach numbers of 0.60 and 0.85 occur at 
lift coefficients which are greater than the lift coefficients corresponding to 
maximtim L/D. 

As indicated in the Apparatus and Test section, configurations 1 and 2 have the 
same lower- surface coordinates. If configuration 2 had maintained the original 
thickness distribution, it may have been possible to have achieved additional drag 
benefits. 

Figure 10 illustrates that configuration 2 still has significant flow separation 
in the tip region at the higher lift coefficients. As the angle of attack is 
increased, the region of separation spreads from the trailing edge forward and from 
the tip inboard. It does not appear that, for these higher lift coefficients, any 
further significant reductions in flow separation could be achieved solely through 
modification of the airfoil sections. It was therefore decided to supplement the 
supercritical-flow design (an "attached- flow” concept) with the leading-edge devices 
shown in figures 3 and 4. Although flow visualization techniques were not used in 
the present series of tests to study the exact flow mechanism of these devices, it 
was hoped, based on the previous work of references 5 to 7, that vortices would be 
produced which would reduce the drag at high lift coefficients and yet have a 
negligible adverse effect at low lift coefficients. Both devices were tested on 
configuration 2. 

Figure 8 shows that the vortex generators selected for this study did not pro- 
duce any significant benefits for configuration 2. 

Figures 9 and 11 show the effect of the sharp leading-edge flap on configura- 
tion 2. In the Mach number range from 0.60 to 0.90, the SLEF produced sizable drag 
reductions at the higher lift coefficients, with some small penalty at the low lift 
coefficients (fig. 9(a)). Presumably, such a device could be retracted to eliminate 
any drag penalty at low lift coefficients. The SLEF produced somewhat higher lift 
coefficients at the highest angles of attack (fig. 9(b)) and caused only a slight 
reduction in longitudinal stability (fig. 9(c)). At M = 0.95 the SLEF did not 
improve the lift and drag characteristics within the lift range of these tests. The 
wing pressure distributions shown in figure 11 indicate that there is less flow sepa- 
ration at the lower Mach numbers with the SLEF attached. This reduced separation 
correlates with the improved drag characteristics for these conditions. 


SUMMARY OF RESULTS 

Wind-tunnel tests have been conducted to study improvements in the supercritical 
maneuver performance of fighter aircraft through the use of supercritical technology. 
The results of this study may be summarized as follows; 
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1 . A supercritical wing has been tested which produces a region of isentropic 
compression ahead of the shock wave at a Mach number of 0.90 and maneuver lift coef- 
ficients. This wing produced a moderate degree of flow separation at these condi- 
tions. At speeds below the design Mach number^ a strong shock wave developed and 
resulted in extensive shock-induced flow separation. 

2. A second supercritical configuration was tested which significantly reduced 
the degree of flow separation and the drag at high lift for Mach numbers of 0.85 and 
0.60. The higher Mach number performance of the original wing was maintained. 

3. Vortex generators mounted \inder the wing leading edge did not improve the 
performance of the second wing. 

4. A sharp leading-edge flap on the outboard half of the wing semispan produced 
significant drag reductions on the second wing at Mach numbers of 0.60 to 0.90. This 
flap had a very minor effect on the longitudinal stability. 


Langley Research Center 

National Aeronautics and Space Administration 
Hampton, VA 23665 
July 16, 1982 
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TABLE I.- GENERAL GEOMETRIC CHARACTERISTICS OF MODEL 


Wing (reference trapezoid extended to centerline); 

Sweepback of leading edge, deg 45 

Aspect ratio 3. 28 

Taper ratio 0.2142 

Area, (ft^) 0.139 (1.50) 

Span, cm (in.) 67.686 (26.648) 

Mean aerodynamic chord, cm (in.) 23.518 (9.259) 

Wing station of mean aerodynamic chord, cm (in.) 13.272 (5.225) 

Fuselage station of 25-percent wing mean aerodynamic 

chord, cm (in.) 52.425 (20.640) 

Root chord, cm (in.) 33.993 (13.383) 

Tip chord, cm (in.) 7.282 (2.867) 

Dihedral, deg 0 

Twist (washout from root to tip) , deg 10 

Incidence ( root ) , deg 1 


Vertical tail (exposed trapezoid) : 
Sweepback of leading edge, deg . 

Aspect ratio 

Taper ratio 

Tail area/Wing area 

Span, cm (in.) 

Root chord, cm (in.) 

Tip chord, cm (in.) 

Airfoil section 


61 

0.856 

0.2854 

0.168 

14.145 (5.569) 

25.718 (10.125) 

7.341 (2.890) 

4% circular-arc biconvex 


Vortex generator (one of four) ; 

Aspect ratio 0.778 

Taper ratio 1 

Area, cm^ (in^) 4.06 (0.63) 

Area of two vortex generators/Wing semiarea 0.012 

Span, cm (in.) 1.78 (0.70) 

Root chord, cm (in.) 2*29 (0.90) 

Tip chord, cm (in.) 2.29 (0.90) 

Airfoil section (streamwise) NACA 64A006 


Sharp leading-edge flap (one of two) : 


Flap area/Wing semiarea 0.032 

Span, cm (in.) 14.892 (5.863) 

Root chord, cm (in.) 1.5 (0.6) 

Tip chord, cm (in.) 1.5 (0.6) 


Fuselage ; 

no 

Flow-through inlet area, cm (in*^) 

o o 

Plow-throu^ exit area, cm (in ) 
Base/cavity area, cm^ (in^) 


23.020 (3.568) 
18.872 (2.925) 
28.852 (4.472) 
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TABLE II 


INTERNAL DRAG CHARACTERISTICS 


a, deg 



<=D,i - 



M = 0.60 

M = 0.80 

. . - 

M = 0.85 

M = 0.90 

M = 0.95 

-4.0 

0.00242 

0.00253 

0.00258 

0.00247 

0.00236 

0 

.00242 

.00253 

.00258 

.00247 

.00236 

to 

. 

o 

.00243 

.00254 

.00259 

.00248 

.00235 

4.0 

.00245 

.00258 

.00262 

.00252 

.00239 

6.0 

.00251 

.00264 

.00267 

.00258 

.00246 

8.0 

.00259 

.00273 

.00275 

.00267 

.00257 

10.0 

.00270 

.00285 

.00287 

.00279 

.00267 

12.0 

.00286 

.00299 

.00302 

.00295 

.00278 

14.0 

.00307 

.00318 

.00320 

.00315 

.00298 

16.0 


.00340 

.00340 

.00338 

.00325 




Fuselage 

station 

0.00 



7.282 ( 2 . 867 ) 
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(a) Configuration 2, side view. 

Figure 6.- SMF-2 model mounted in Langley 16- Foot Transonic Tunnel. 
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(b) Configuration 2 , three-quarter front bottom view. 


Figure 6.- Continued. 
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(c) Configuration 2 


Figure 6.- Cor 
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Ii-81-10,252 


SLEF, side view 




L-81-10,258 

(d) Configuration 2 with SLEF, front view left wing. 


Figure 6.- Continued. 
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(e) 


Configuration 

Figure 


2 with SLEF, bottom view. 
6.- Concluded. 
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(a) Lift vs drag. 

Figure 7.- Effect of wing contouring on longitudinal aerodynamic characteristics. 
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Figure 7.- Continued 
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(a) Concluded. 
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Figure 7.- Continued 
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(b) Continued. 


Figure 7.- Continued. 
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(b) Continued. 


Figure 7.- Continued 
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Figure 7.- Continued 
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(c) L/D and pitch vs lift. 
Figure 7.- Continued. 
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(c) Continued* 
Figure 7.- Continued. 
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(c ) Continued. 
Figure 7.- Continued. 
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(a) Lift vs drag. 


Figure 8.- Effect of wing vortex generators on longitudinal aerodynamic characteristics 
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Figure 8.- Continued 
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Figure 8.- Continued. 
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Figure 8.- Continued 
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(c) Continued. 

Figure 8.- Continued. 
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(a) Lift vs drag. 
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Figure 9.- Effect of wing sharp leading-edge flaps on longitudinal aerodynamic characteristics 
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Figure 9.- Continued 
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(a) Continued. 




Figure 9.- Continued 
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Figure 9.- Continued 
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(b) Lift vs angle of attack. 
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Figure 9.- Continued. 
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Figure 9.- Continued 
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Figure 9.- Continued 
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(c) L/D and pitch vs lift. 
Figure 9.- Continued. 
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Figure 9.- Continued 
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Figure 9.- Concluded 
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Figure 10.- Continued. 
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(e) M = 0.90; a » 11°. 
Figure 10.- Continued. 
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Figure 11.- Continued 
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